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2 Introduction and content

The SMOG-1 is a pocketqube class -50x50x50mm cube- nanosatellite, developed at the

Budapest University of Technology and Economics by electrical and mechanical engi-

neering students. My task within the SMOG-1 research and development team was the

satellite thermal modelling by �nite element method. The aim of my paper besides par-

ticipating in the 2016 Scienti�c Students' Associations is that I wanted to document my

work in order to provide evidence that I completed the task entrusted to me with proper

caution. In addition, others can learn from my work regardless of the mission eventual

success or failure. The content of this document -after the introduction of the SMOG-1

mission, geometry, and structure- can be divided into three main parts. A brief summary

of the main parts are listed below:

1. Chapter 3 is mainly based on a literature survey. In this chapter, we discussed

basic thermodynamic concepts which at �rst may seem trivial to the reader but

it is necessary in order to introduce the fundamental concepts of space thermal

engineering. By the end of the chapter, the reader will be familiar with the basic

concept and thermal e�ects occurring in space and fully understand the importance

of the next two chapters where we de�ne the thermal environment of the satellite.

2. The fourth and �fth chapter is about the SMOG-1 orbit and its thermal environ-

ment. The orbit path is calculated by the STK AGI software package and we need

this only to calculate the thermal environment, therefore, the orbit overview is non-

exhaustive. At this point, the reader will have a clear image of the satellites position

and thermal load around Earth.

3. From the sixth to the last section we build up the satellite's model step by step in

Ansys software environment and use the gained information to thermally insulate

the problematic component(s). The reader is guided through the process of thermal

modelling.

Generally, the available literature data of satellite thermal design is vast. However, it

is thin in the case of the new generation small-sized satellites. Therefore, the present

work may contribute to the success of other missions and adds a considerble value to the

thermal design of PocketQube-class satellites.
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3 SMOG-1

3.1 Mission and goals

The primary mission of the satellite is the monitoring of the electromagnetic radiation

in low Earth orbit in the DVB-T terrestial digital TV broadcasting bandwidth (430-860

MHz).[1] Now, why would anyone want to do that? The antennas of commercial broad-

casting companies today are far from ideal, so they radiate towards not only the customers

but also to space. The unused power can be considered as a loss called: electrosmog. With

the monitoring of this lost power, we can identify it's magnitude and distribution below

the satellite. The resulting data then can be used to improve the e�ciency of DVB-T

antennas.

In addition, the satellite has radiation dosimeters which measures the total radiation

dose of ionizing high-energy particles. This components monitors the satellite gamma ra-

diation exposure which is important because this radiation can cause damage to electronic

components which may reduce the lifetime of the satellites.[2] [3] [4] [5]

Because the functional lifetime of the satellite is estimated to be less than the time

the satellite return to the atmosphere and burn, magnetic plates have been �xed to the

outer surface of the satellite to slow down the structure. The lifetime of the satellite in

our orbit is estimated to be 10 years while the mission can be completed within one year.

Knowing that other two satellites also leave with us and they are in the same orbit as

us with minimal deviation, we can observe if this magnetic sheet really slows us down

compared to them. Also, the screws holding together the satellites PCB's are made of

magnetic material in order to decrease the angular velocity of the structure.

3.2 PocketQube

The �rst standard proposed by Bob Twiggs was the 1U CubeSat with a nominal side

length of 10 cm with maximum mass of 1 kg. The �rst Hungarian satellite, the MaSat-1

was of such size. Next, the aim was to reduce and standardize the size of the satellites

in order to lower launch costs thus making it a�ordable for students in universities and

independent groups. With the increased demand and price, emerged the need of an even

smaller satellite to signi�cantly cut launch costs. Thus, the 1p size PQ framework was

designed cutting the launch cost to 20000$. A 1p PocketQube is a cube with 5 cm nominal

side length, and maximum weight of 250 g. Additional components can be placed into a

7 mm shell around the cube, showed by an opaque tan shell around the satellite, in �gure

2



1.[6]1 The orange plate is the back plate of the satellite. Via this plate, the satellite is

Figure 1: PocketQube overall dimensions

connected to a rail which is located inside the deployer. This has a spring which is in a

pre-stressed state when all the satellites are loaded and the ejection door is closed. After

the payload is in space, and the ejection door is opened the satellites are then pushed

out by the spring. These deployers are usually �tted as a secondary payload beside a

usually large commercial or scienti�can satellite. In our case, we and other two satellites

will launched onboard the UniSat-7 which is developed by GAUSS Team. The estimated

launch of the UniSat-7 is the beginning of the second half of 2017 launched by a Dnepr

launch platform. So, in summary: three small satellites including the SMOG-1 are loaded

into the MRFOD (pocketqube deployer). This deployer is onboard in the UniSat-7 which

is launched by the Dnepr launch platform.

Already a lot of cube CubeSats is in space and from some of their documentation of

thermal analyses are available which provided a good basis to carry out the thermal design

of SOMG-1.[7][8][9][10] Also, there are available some articles about the CubeSats.[11][12]

Nevertheless, similar analysis is not available for the public according to the best knowl-

edge of the author. Consequently, the cited documents provided a good basis to start,

especially the Thermal Design of the Oufti-1 nanosatellite by Lionel Jacques, which dis-

cuss the matter in a great detail.[14] Furthermore, before this paper, two other students

also worked on the thermal modeling of the SMOG-1 by examining di�erent arrangements

and they wrote a paper about it in 2014. But, since then a lot has changed in the struc-

ture of the satellite.[13] Overall, all of the cited work was a very great help to get started

and they deserve great thanks for their documented work.

1It should be noted that the actual size constraints of SMOG-1 are slightly di�ers from the illustrated

image, but since the contract is con�dential it can not be presented here.
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3.3 Structure of the satellite

The structure is entirely made of circuit boards. The side panels with the internal PCB's

join together like a puzzle box, top and bottom panels connect to this via tabs. These

panels are jointed by two M3 threaded rods holding the panels togeather. The exploded

view of SMOG-1 is shown in �gure 3., where the panels are:

• Primary EPS: primary electrical power system developed by Tibor Herman. This

subsystem is responsible for collecting the energy generated using 6 solar cells placed

on the six sides of the cube. The solar cells are mounted on a PCB panel and on the

opposite side of the PCB panel is a maximum power point tracking circuit (MPPT)

which maximizes the absorbed power of the solar cells. This is connected to the

central EPS through the unregulated power bus. [3]

• Central EPS: central electrical power system developed by Gábor Géczy, is respon-

sible for energy regulation and distribution it converts the raw power coming from

the solar cells into a stable 3.3V (regulated power bus). Furthermore, this system

manages the battery which is located at the free side of the COM board.[5] It con-

sists of two PCB panels. Panel A is responsible for power regulation, and Panel B

contains the battery management circuit and the total ionizing dose sensor (TID).

• COM: satellite communication with the ground station, developed by Levente Dudás.

It is responsible for satellite communication with the ground station and radio ama-

teurs all over the world and also for accomplishing our primary mission, the spectrum

analysis.

• OBC: onboard computer developed by Timur Kristóf. It controls all the satellite

subsystems, collects information from the measurement instruments and telemetry

from every other subsystem.

• Antenna deployer: in undeployed state, the antennas are tied to the satellite with

a plastic line also tied to resistors. When the antenna is about to be opened, the

resistors heat up and melt the plastic.[2]

The engineering sample of the SMOG-1 is shown in 2, showing its framework. Currently,

only one solar panel is �tted to the satellite. My task in the team is the thermal subsystem

design. It means that there is a operability limitations for all components in which the

real case must �t in. These values for the main components are shown in table 1. Due to

limitations in size and the components to include are given, the designer has low degree

of freedom to tailor each component together with by providing an appropriate thermal
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Figure 2: The SMOG-1 engineering copy with one solar cell.

Component Maximum temperature ◦C Minimum temperature ◦C

Electronics 80 −40

Battery, charging 45 0

Battery, discharging 60 −10

PCB 130 −

Table 1: Operation temperature limits

environment for each of them. As a consequence, the present paper mainly focuses on the

most sensitive component, the battery.
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Figure 3: Exploded view of SMOG-1
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4 Space environment

Space is a hazardous environment both for man and machine due to: radiation, plasma,

micrometerioites, space debris, vacuum and so on. Most of the environmental e�ects are

unpredictable which makes even harder to prepare for them. From a thermal engineers

point of view, the main problem is the extreme temperatures of the satellite systems.

While a satellite is in the shadow of the Earth can easily go below sub-zero centigrade

temperatures and when the sun is visible, it can go up to very high temperatures which

can cause component or even mission failure. So the task is to ensure that no components

exceed their critical minimum and maximum temperatures. In order to calculate and

design the appropriate thermal subsystems, we have to understand these e�ects. In this

chapter, we review the basic thermal e�ects present in space.

4.1 Heat transfer in space

We distinguish three kinds of heat transfer modes on Earth: convection, conduction, and

radiation. However, in the vacuum of space, there is no heat convection, only the latter

two heat transfern mode play a role.

4.1.1 Conduction

When the heat in a continuous solid material propagates from the warmer side to the

colder. This phenomenon heavily depends on the material properties. In the case of

metallic materials, the heat energy travels by the vibrations of the atoms in the crystal

lattice and with the di�usion of free electrons. In non-metallic materials and �uids,

happens through �exible elementary waves. Fourier's law describe the mathematical form

where the heat �ow rate is equal to the condoctivity times the gradient of the temperature

�eld as follows[15]:

q̇ = −λ∇T (1)

4.1.2 Thermal radiation

All material with temperature greater than zero kelvin radiate electromagnetic waves.

These waves can be absorbed by other bodies and increase their temperature that leads to

an ampli�ed electromagnetic wave emission. The electromagnetic waves can be absorbed,

re�ected, and transmitted. The sum of these factors is always equals to one:

α + ρ+ τ = 1 (2)

where:
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• α is the absortivity,

• ρ is the re�ectivity,

• τ is the transmissivity.

The radiation intensity of a black body (α=1), per unit solid angle for a speci�c wavelength

is de�ned by Planck's law:

Ieλω,0 =
1

λ5
2hc2

e(hc/λTk)− 1
(3)

where:

• c = 2.998 108 m/s is the speed of light,

• h = 6.625 10−34 Js is the Planck's constant,

• k = 1.38 10−23 J/K is the Boltzmann constant.

By integrating equation (3) on the entire wavelength range yields the black body emitted

energy per unit surface area known as the Stepfan-Boltzmann law:

Ee
0 =

∞∫
0

πIeλω,0dλ = σ0T
4, (4)

where:

• σ0 = 5.6710−8W/(m2K4) is the Stefan-Boltzmann constant,

• T is the temperature of the black body,

• λ is the wavelength.

This is a�ected by the emissivity and the view factor. The emissivity is the ratio between

the radiation of a material and its corresponding black body radiation, which can be de-

pendent on wavelength and the incidence of the radiation. If the emissivity is wavelength

and direction independent, we call it grey body and the Stepfan-Boltzmann law can be

used to derive the emitted energy per unit surface area:

Ee = εσ0T
4 (5)

where ε < 1. Thus, we can assume that the body emissivity is constant at all wavelengths.

However, this is not true, the emissivity of materials can be greatly wavelength depen-

dent. In order to take this into account, generally the space industry uses two constant

emissivities:

• α Short-wave absorbance. The constant emissivity below 3µm wavelengths.
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• ε Long-wave emittance. The constant emissivity above 3µm wavelengths.

This can be done due to the fact that the spectral distribution of the radiation from the

Sun and the re�ected sunlight from the Earth's atmosphere is below 3µm, while the Earth

infrared radiation is above 3µm.[16] This spectral distribution is on �gure 4. Kircho�'s

law states that in any speci�c wavelength and direction, the emissivity is equal to the

absorptivity, thus: ε(λ) = α(λ). Of course, this also applies to our case too, therefore, to

avoid confusion, the short-wave absorptance is equal to the short-wave emittance and the

long-wave emittance is equal to the long-wave absorbance. In the upcomings, we refer to

them as they were shown above.

Figure 4: Wavelength dependence of various bodies.[19]

4.1.3 View factor

Another important part of the thermal radiation between two surfaces is the view or the

shape factor. Between two surfaces, noted by F1 and F2 the radiative heat follows the

Lamberts law, stating that the directional emissivity is proportional to cos(φ) where φ is

the angle between the surface normal and the direction of the radiation. The view factor

between F1 and F2 can be calculated as follows::

φ12 =
1

πF1

∫
F1

∫
F2

cosφ1 cosφ2
dF1dF2

r2
(6)

This equation (6) only depends on geometries and their orientations. This calculation

can very di�cult but in the literature, there are diagrams which we can use to get the

view factor of the satellites surface viewed from Earth, one of this diagram is on �gure

5. Later in section 7, the modelling, we will use this to determine the view factor for

di�erent arrangements. As for a short summary:

• In space, the considerable heat propagation modes are heat conduction and thermal

radiation.

9



Figure 5: View factor from Gilmor's Thermal Control Handbook.[18]

• We assume that all the surfaces of the satellite follow the Lambert's law.

• Deviation from the usual, we use two emissivity factors: shortwave(SW) absorbance(α)

and longwave(LW) emittance(ε) through in this paper.

• For the view factor, we will use the 5 diagram from Gilmore's Thermal Control

Handbook.[18]

10



4.2 Introduction of the thermal environment

The the heat source of the satellite in low earth orbit are the direct solar sunlight, the

re�ected solar sunlight by the Earth surface as well as by the atmosphere. This e�ect

is called as albedo radiation and Earth infrared radiation, showed in �gure 6. These

Figure 6: Thermal environment[19]

factors are added up to the internally generated heat by the operation of the electronic

components. While the heat loss occurs due to the radiation to the cosmic background

which can be modelled as a 2.7 K temperature black body.[19] [20]

4.2.1 Solar radiation

The radiation coming from the Sun is the main heat source of a satellite. The level of

the incoming radiation from the sun is a�ected by the distance from the sun and can be

calculated from its characteristic black body temperature. Of course, the power given

o� by the solar radiation is not constant, from measurements, we know that there are

random and seasonal �uctuations.[21] [22] Distance of the Earth-orbiting staellite from

the Sun can assumed as the Sun - Earth distance. This also changes as the Earth elliptical

orbit aphelion is 152.1 106km while it's perihelion is 147.1 106km. The mean value of

the sun irradiance is S0 = 1367W/m2. Taking into account the above-mentioned e�ects

a minimum and maximum value was measured as[16]:

Smin =

Smax =

1322 W
m2

1415 W
m2

(7)

4.2.2 Albedo radiation

The albedo is a fraction of the sun radiation re�ected or scattered by the Earth's surface

and atmosphere. This also occurs as an SW incoming heat �ux to the satellite. In order to

avoid confusion, we call the former as albedo factor and the latter one as albedo radiation

11



and do not use the word itself: albedo. The albedo factor:

a =
qr

S cos(Θ)
(8)

where:

• a is the albedo factor,

• qr is the magnitude of the re�ected SW radiation at the top of the atmosphere in

W/m2,

• S is the direct solar radiation W/m2,

• Θ is the solar zenith angle: the angle between the earth-sun vector and the zenith

angle shown in �gure 8.

In general, the albedo �ux tends to be lower as we move to the north and south poles and

reach the highest value when the sun exactly above us i.e. Θ = 0, because the heat �ux

per unit area is lower going towards the poles. While the albedo factor increases on higher

latitude. The main reason behind this is that on higher latitudes the sun rays pass through

a longer section of the atmosphere thus increasing the scattered radiation. However, this

can only be said in general, because the albedo factor signi�cantly a�ected by the surface

type, cloud formations and by the weather. Above the poles and deserts, the albedo factor

is higher while above continental and oceanic areas it tends to be lower.[19] [16]

4.2.3 Infrared radiation of the Earth

The Earth emits infrared LW radiation and can be characterized as a 288 K temperature

black body. This is the only heat source which is always present even when the satellite

is in the Earth's shadow. It does not change as strongly as the albedo, but it is lower in

higher latitudes due to the lower temperatures through the poles while higher near the

equator and desert areas where the surface temperature is higher.

4.2.4 Aerotermal �ux

The aerothermal �ux is the heat from collision and friction with remnant molecules in the

atmosphere. It is negligible in the orbit of the SMOG-1.[19]
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5 The orbit of SMOG-1

In this chapter, we present the SMOG-1 orbital path around Earth. The calculation

of the orbit is an indirect task since it determined the incoming heat �uxes, therefore,

signi�cantly a�ects the thermal equilibrium of the satellite. What we need is the altitude,

solar zenith angle and the orbital time of the satellite. The STK AGI software package

was used to determine these parameters. The SMOG-1 will be in a low earth orbit(LEO).

Figure 7. shows the range of the LEO which ranges from 160 km altitude to 2000 km.

The solar zenith angle is the angle between the sun-earth vector and the earth-satellite

Figure 7: The low, medium and high earth orbit. The blue stripe symbolizes the low

earth orbit, the green medium earth orbit and the red is the high earth orbit, the values

are altitudes.

vector showed in �gure 8. The importance of this that it directly in�uences the albedo

radiation. The SMOG-1 will be on an elliptical so-called sun synchronous orbit (SSO).

Figure 8: The representation of the solar zenith angle: Θs. The surface normal is the

direction of the zenith and point to the satellite.[24]

The peculiarity of such an orbit is that the satellite local solar time on its path projected

to the surface is always the same. In other words, the satellite always passes over the

equator at a given time.This happens because the extra weight around the equator causes

the precession of the orbital plane. This can be achieved by the appropriate con�guration

13



of the orbital inclination and altitude. This is high, more than 90◦ inclination retrograde

orbits. The classical orbital elements are the necessary parameters which describe the

satellite orbit shown on �gure 9 and 10, the simbols [23]:

• t0 epoch time: is the Julian day and GMT time, in fact, the initial time.

• a semi-major axis: is the half of the ellipse main axis, shown on �gure 9.

• e eccentricity: is the degree fo ellipticity.

• i inclination: is the angle between the equatorial and orbital plane 10.

• M0 mean anomaly: is the angle from one of the focus to the mean circle of the

elliptic.

• Ω0 Right ascension of ascending node: is the angle between the vernal equinox and

the ascending node measured eastward.

• ω0 argument of perigee: angle in an orbital plane from the ascending node to the

perifocus.

a ae

r

 

b

apofocus

perifocus

Figure 9: Parameters of the elliptical orbit elements

While we did not get all of the classical orbital elements in the contract with GAUSS, it is

su�ce to determine the orbit by approximating the missing elements (the approximation

does not e�ect signi�cantly the orbit)2. The simulation start time is the second half of

2017, currently this is the launch time of the satellite. The satellite orbit is on �gure

11. This is a scale �gure so you may want to take a good look at it, as it shows how

close the satellite to the surface. We can draw some conclusions from this such as the

2It should be noted that the actual orbital elements can not be provided because the contract is

con�dential.
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Figure 10: The classical orientation angles and the orthogonal I, J, K coordinate

system.[23]

satellites see the Earth in a high angle, thus the e�ect of the SW albedo and Earth LW

radiation is strong. While it blurred out the albedo radiation surface dependency. From

Figure 11: SMOG-1 scale orbit, picture from STK AGI software.

the simulation, we can save out the orbital period and shadow time as well as the altitude

and the solar zenith angle. The total time of one orbit is 96 minute. From the total time

38 minute, roughly 40% is in the Earths shadow. Later this will very important for the

simulation in order to switch o� and on the sun and albedo radiations. The altitude and

the solar zenith angle variation by time is on �gure 12. and 13.
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Figure 12: Altitude by time

Figure 13: Solar zenith angle by time
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6 Thermal environment of an orbit

Now everything is given to determine the thermal environment of the satellite orbit. Often

the thermal �uxes that reach the satellite are calculated from simple averages. The Earth

can be modeled as a 288 K temperature black body, the mean solar �ux is 1367 W/m2

and the mean albedo factor is 0.3. However, since the satellite is in a high inclination

orbit, thus passes above sites where the albedo factor is high while the earth radiation is

low and other places where the opposite it would not necessarily be a good approximation

using the average values. Especially since the small size of the satellite makes it highly

sensitive to rapidly changing thermal radiation �uctuations. Of course it is, very di�cult

to choose appropriate parameters. Su�ce it to say that the earth radiation varies from

area to area not to mention the albedo factor which is a�ected by unpredictable events.

However, through the Earth Radiation Budget Experiment(ERBE) there are available

measurement data from the outgoing SW and LW �uxes of Earth. These measurements

are summarized in the �Simple Thermal Environment Model�(STEM) published by NASA.

[17] From, the minimum and maximum values can be selected for a given orbit. Hence

we can count on real measured values which incorporate the random climatic e�ects and

the dependence on the local disturbances. The calculations of the near-Earth thermal

parameter selection are based on these instructions. The primary goal of the ERBE is to

monitor the earth radiation and determine the monthly average radiation of Earth. The

mission is still ongoing by three satellites:

• NOAA-9, altitude: 849 km,i = 99◦,

• NOAA-10, altitude: 815 km,i = 99◦,

• ERBS, altitude: 610 km,i = 56◦.

All the satellites are equipped with narrow and wide �eld-of-view active cavity radiome-

ters. The wide �eld of view measurements was used for STEM because it measures more

directly the SW and LW irradiances that e�ect the satellite surfaces. We have shown

in the previous chapters what the albedo and earth infrared radiation depend on but it

is also worth checking out a few things shown in STEM. Figure 14. shows the ERBS

satellite measured albedo factor and outgoing LW radiation(OLR) pairs. It can be seen

how large the di�erence is over di�erent areas. Without going into a deeper detail, on the

measurement data, they set up hot and cold cases of albedo factor and OLR pairs, based

on averaging times and orbital inclination seen in table 2. These are all corrected values to

the top of the atmosphere. The top of the atmosphere(TOA) is a theoretical surface above

the earth radius by 30 km. This is the area where we assume that the outgoing radiation

is homogeneous and perpendicular to the surface. Furthermore, at this level, the thermal
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Figure 14: Contour of ERBS-observed frequency of TOA albedo(at solar zenith angle

0) and outgoing LW radiation(OLR): 128 second averaging time, medium inclination

orbit.[17]

radiation emitted by the earth may no longer signi�cantly in�uenced by the atmosphere.

The averaging time is the time period of the averaged data. The albedo hot and cold

extreme environment at a given orbital inclination is the maximum or minimum albedo

factor paired to the averaged OLR while the OLR hot and cold extreme environment at a

given orbital inclination is the maximum or minimum OLR value paired to the averaged

albedo factor. The combined hot case de�ned as the albedo factor and OLR pair where

0.04 percent of the measured data is higher while the cold case is where 0.04 percent of the

measured data is lower than that. In order to select the appropriate values for our orbit

from table 2, we have to choose an averaging time and an extreme type. We know that

our orbital inclination is i = 98◦, thus it is in the range of the inclination, namely between

60− 110◦. The extreme type depends on the satellite surface absorptivity and emissivity.

The satellite is covered with solar cells, one solar cell area is 1509mm2. Roughly 60% of

the satellite surface is covered by solar cells, the other 40% the plain FR-4 without the

green solder lacquer. The solar cell emissivity and absorptivity are given in the data table,

however, for the clean PCB we do not know that. Since there is no chance to measure it

we use the �berglass emissivity, in both the SW and LW range, the values are in table 3.

For example, if the absorptivity is higher then the emissivity thus takes up more heat from

SW radiation than the LW radiation the extreme type is albedo. Because it will take up

the most heat from albedo radiation therefore in hot case the albedo factor is the highest

while in cold case the albedo factor is the lowest. In general, the evaluation method is to

calculate the incoming heat �uxes for all of the albedo/OLR pairs, comparing them and

selecting the worst case. Before we do this, one must understand that the data shown

in table 2. is for TOA and the solar zenith angle zero. This means that we will have to

calculate both Earth infrared radiation �ux and the albedo �ux at our altitude by using
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Ext.

type

Avg.

time

Mission critical cold case Mission critical hot case

0 − 30◦ 30 − 60◦ 60 − 110◦ 0 − 30◦ 30 − 60◦ 60 − 110◦

Alb OLR Alb OLR Alb OLR Alb OLR Alb OLR Alb OLR

Alb 16 s 0.06 273 0.06 273 0.06 273 0.43 182 0.48 180 0.50 180

Alb 128 s 0.06 273 0.06 273 0.06 273 0.42 181 0.47 180 0.49 184

Alb 896 s 0.07 265 0.08 262 0.09 264 0.37 219 0.36 192 0.35 202

Alb 30 m 0.08 261 0.12 246 0.13 246 0.33 219 0.34 205 0.33 204

Alb 90 m 0.11 258 0.16 239 0.16 231 0.28 237 0.31 204 0.28 214

Alb 6 h 0.14 245 0.18 238 0.18 231 0.23 248 0.31 212 0.27 218

Alb 24 h 0.16 240 0.19 233 0.18 231 0.22 251 0.28 224 0.24 224

Comb 16 s 0.13 225 0.15 213 0.16 212 0.30 298 0.31 267 0.32 263

Comb 128 s 0.13 226 0.15 213 0.16 212 0.29 295 0.30 265 0.31 262

Comb 896 s 0.14 227 0.17 217 0.17 218 0.28 291 0.28 258 0.28 259

Comb 30 m 0.14 228 0.18 217 0.18 218 0.26 284 0.28 261 0.27 260

Comb 90 m 0.14 228 0.19 218 0.19 218 0.24 275 0.26 257 0.26 244

Comb 6 h 0.16 232 0.19 221 0.20 224 0.21 264 0.24 248 0.24 233

Comb 24 h 0.16 235 0.20 223 0.20 224 0.20 260 0.24 247 0.23 232

OLR 16 s 0.40 150 0.40 151 0.40 108 0.22 331 0.21 332 0.22 332

OLR 128 s 0.38 154 0.38 155 0.38 111 0.22 326 0.22 331 0.22 331

OLR 896 s 0.33 173 0.34 163 0.33 148 0.22 318 0.22 297 0.20 294

OLR 30 m 0.30 188 0.27 176 0.31 175 0.17 297 0.21 282 0.20 284

OLR 90 m 0.25 206 0.30 200 0.26 193 0.20 285 0.22 274 0.22 250

OLR 6 h 0.19 224 0.31 207 0.27 202 0.19 269 0.21 249 0.22 221

OLR 24 h 0.18 230 0.25 210 0.24 205 0.19 262 0.218 245 0.20 217

Table 2: Albedo (at solar zenith angle zero) and OLR values for mission-critical hot and

cold case extreme environments at low, medium and high inclinations, and averaging

intervals from 16 seconds to 24 hours. Albedo type extremes are labeled �Alb�.[17]

Surface α ε References

�berglass - 0.7 [33]

Solar cell 0.83 0.95 [34]

Table 3: Material data

equation (9). This equation is simply derived from the proportion of the spheres which

radius is equal to the earth radius plus the TOA(30 km) height and the sphere with the

radius of the earth plus the altitude of the satellite.

qa(ra(t)) = qTOA
r30

re + ra(t)
(9)

where:

• qa heat �ux in a given altitude

• qTOA heat �ux in the TOA altitude

• r30 the altitude of the TOA which is 30 km

• re Earth radius which is 30 km

• ra(t) satellite altitude 6371 km
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The albedo factor is independent from solar zenith angle, thus we have to correct it by

the �c� cerrection factor using 10.

a(Θ(t)) = a0 + c(Θ(t)) (10)

The a0 is the albedo factor chosen from table 2. The �c� is the cerrection factor which

depends, on the solar zenith angle. Of course, the solar zenith angle depends of the satelite

positon hence varies with time. The correction factor can be calculated from equation

(11).

c(Θ(t)) = c1Θ(t) + c2Θ(t) + c3Θ(t) + c4Θ(t) (11)

where:

• c1 = 1.3798 · 10−3

• c2 = −2.1793 · 10−5

• c3 = 6.0372 · 10−8

• c4 = 4.9115 · 10−9

For the comparison, we do not have to calculate to our orbital altitude with equation 9,

it will be required later. However, the albedo �ux in order to be comparable we have

to calculate an average value from the time-dependent �ux. This can be carried out by

averaging of the a(Θ(t)) over one orbital period, P. The average albedo factor:

a = a0 + c (12)

Where a is the averaged albedo factor and c is the averaged albedo correction factor,

which calculated from equation (13).

c =

P∫
0

c(Θ(t)) cos(Θ(t)dt

P∫
0

cos(Θ(t)dt

(13)

Substituting our orbital zenith angle showed in �gure 13 into equation 13 then to equation

(11) yield the averaged albedo any value in table 2. Using up the surface ratio between

the plain FR-4 and the scale cell on one side of the cube, we can evaluate the data in the

table by equation 14 and 15.

qSW = 0.6αscSa+ 0.4αPCBSa (14)

qLW = 0.6εscqe + 0.4εPCBqe (15)

where:
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• αsc and αPCB is the absorptivity of the solar cell and the PCB,

• εsc and εPCB is the emissivity of the solar cell and the PCB,

• the 0.4 and 0.6 multipliers are the ratio between the solar cell and the PCB plain

surface,

• qe and a are the OLR and corrected average albedo factor pairs.

By evaluating this, of course, it is not a surprise that the maximum and minimum values

are in the combined extreme type because the PCB absorptivity and emissivity ratio is

αPCB/εPCB = 1, while the solar cell ratio is αsc/εsc = 0.87. Consequently, the surface

of the satellite gets about the same amount of energy from SW and LW �uxes. With

regard to the averaging time, STEM suggests that a base line should be chosen from long

avereges and small averages should be added to this base value as pulses. However, we

deviate from that and only use the 16 secound data without pulses in order to examine

the worst case scenario. So, in summary, we have to chose from the high inclination,

combined case where the average time is 16s. The selected values for the hot and cold

case is highlighted in table 4. Now, using this, we can calculate the albedo and earth

- Albedo factor Earth radiation �ux Solar radiation �ux

Cold case 0.16 212 1317

Hot case 0.32 263 1419

Table 4: The chosen near earth values

infrared radiation �ux. With the maximum and minimum solar irradiance (7), corrected

albedo (11), and altitude correction (9), we can calculate the SW �uxes by equation: (16)

and (17).

qSWmin
= Smina(Θ(t))

r30
re + ra(t)

(16)

qSWmax = Smaxa(Θ(t))
r30

re + ra(t)
(17)

The LW �uxes: (18) and (19).

qLWmin
= qemin

r30
re + ra(t)

(18)

qLWmax = qemax

r30
re + ra(t)

(19)

21



Figure 15: Cold case albedo(blue) �ux and Earth infrared(red) radiation for one orbitalpe-

riod.

Figure 16: Hot case albedo(blue) �ux and Earth infrared(red) radiation for one orbitalpe-

riod.
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7 FEM analisys

We used the Ansys software environment for all of the simulations provided by the de-

partment. At �rst, simpler models were examined. These simulations were based on

older satellite modells which is now obsolete and we used simpler boundary conditions,

but these are also out of date compared to the Earth modell discussed in Section 6. So

they do not help in the design of the insulation, for this reason, they are not included

in the thesis. But I would mention that, overall, the experience gained during this time

contributed to the whole project because I learned what mesh size and time step should

be used in transient thermal analysis of the satellite. Thus before the more important

simulations, I already know what mesh and time stepping should be used in order to

avoid the too much solving time and the result becomes mesh and time independent.

The FEM analysis is divided into two sections: the �rst one is the insulation and battery

placement considerations by utilizing the above calculated thermal environment on the

simple modell of the satellite. We look at a variety of layouts with di�erent insulation and

examine how it a�ects the temperature of the battery. Secondly, on the detailed modell of

the satellite with re�ned material characteristics, examine the assembled insulation by a

larger averaging time albedo-OLR pair in order to estimate the temperature distribution

in space with a higher accuracy.

7.1 Preliminary FEM analisys

In the following, we present the model in which we performed the calculations. First, the

geometry, meshing, and the boundary conditions are presented which are not changed

during the various simulations in this chapter. Those parameters that are altered will be

discussed in the subchapters.

7.1.1 Geometry

The model geometry is derived from the CAD modell of the satellite made by Tibor

Herman, shown in �gure 17a. The model includes dimensions of the satellite with several

electronic components soldered to their host panels, including the solar cells. However,

these components are practically unnecessary for the simulation, therefore, they were

removed from the model. It is not trivial that the solar cells should be neglected or not.

As a consequence, the following calculation helps us to �nd out its importance. Firstly,

determining the heat capacity of one side then compare it to the distinct parts: The

solar cell is a triple junction GaAs solar cell which neither the conduction nor the speci�c

heat is known, for this reason, we used the gallium arsenide(GaAs) material properties.

The thermal conductivity GaAs is λsc = 46 W/(mK), the speci�c heat capacity is csc =
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350 J/(kgK).[35] The mass of one solar cell can be determined based on the data sheet

from that the: msc = 0.00129 kg. From the mass and speci�c heat capacity, the heat

capacity can be calculated by equation (20).

Csc = msccsc = 0.454
J

K
(20)

Except for the top and bottom panels, the dimension of one side panel is 46x46x1.6mm,the

corresponding material properties are shown table 5. Based on its dimensions, the mass

of a PCB can be estimated as the volume multiplied by the density. The mass of one side

is mPCB = 0.00643 kg. To derive the heat capacity, the mass is multiplied further with

the speci�c heat capacity. Equation (21) shows the result.

CPCB = mPCBcPCB = 6.432
J

K
(21)

A RTV-S 691 type silicon based adhesive will be used to fasten the solar cells to the sides.

The heat conductivity and speci�c heat capacity of silicon base adhesives are around

λRTV = 0.3 W/(mK) and cRTV = 1250 J/(kgK). The mass of the adhesive, calculating

the volume under the solar cell with 0.5mm thick layer and multiplying it with 1410 kg/m3

density yields: mRTV = 0.00106 kg. From this the heat capacity calculated by equation

(22).

CRTV = mRTV cRTV = 1.328
J

K
(22)

By combining equation (20), (21) and (22) the total heat capacity of one side is:

Cside = Csc + CPCB + CRTV = 8.214
J

K
(23)

The solar cells provide the 5% of the heat capacity while the adhesive is repsonsible for

20% of that. At �rst, this may seem a lot but this is only one side, by determining it on the

entire satellite, including the internal PCB sheets, battery and electrical components this

would only be a very small portion of the heat capacity of the whole assembly. Neglecting

the solar cells and the adhesive only moves toward safety because the larger heat capacity

reducing the temperature �uctuation amplitude. In addition, the heat conduction through

the three parts of a side panel in descending order: λsc > λRTV > λPCB which implies

that neither the solar cell nor the adhesive work as a heat insulator before the PCB. For

this reason, these are not included in the FEM modell. However, since the emissivity of

the solar cell and the PCB is di�erent thus, do not absorb the same amount of heat from

the external radiation, the surface of the sides were decomposed into two parts, shown in

�gure 17b. Later, we will set the boundary conditions up according to this consideration.

Similarly, the threaded rods have also been ignored.
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(a) The initial CAD geometry. (b) The FEM model geometry

Figure 17: The geometric model.

7.1.2 Meshing

The meshing was done by the built-in mesher. The aim was that the sides are built with

only one layer with hex-dominant quad elements because we did not want to examine

the temperature distribution in the walls. But it is important that the side length of

the elements is nearly the same and evenly distributed through the sides therefore the

minimum side length of the elements is 1.6 mm, one from the six sides is shown in �gure

18. This is necessary because of the temperature distribution in the plane of the plate

directions perpendicular to the plate normal, directly a�ect the heat transfer between the

sides. Of course, this also applies to the internal PCBs. The battery is also meshed with

quad elements but with larger side lengths.

Figure 18: A meshed side.
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7.1.3 Material data

The material data used for the analyses is summarized in table 5. These are general values

mostly given for the Fr4 PCB while the battery material data is based on the lithium

characteristics, except for the thermal conductivity which was deliberately set to a high

conductivity value so that the battery itself has homogeneous temperature distribution.

This way the heat resistance inside the battery is minimal, therefore, it responds quickly

to the altering temperature.

Material Density kg
m3 Speci�c heat J

kgK
Thermal conductivity W

mK

FR-4 PCB 1900 1000 0.22

Battery 2770 1000 80

Table 5: Material data.

7.2 Boundary conditions

7.2.1 External heat load

As previously de�ned, a hot and cold case for the thermal environment in our orbit, now

we de�ne a geometrical hot and cold case. Although, as the satellites travels in its orbit

the incidence of radiation coming from the Sun and the Earth constantly changing which

is further a�ected by the six degress of freedom motion of the satellite. To determine

this, it is practically impossible since it is not known how it will leave the deployer. For

this reason, we used the simpli�cation that in cold case the incidence of the radiation is

normal to one of the satellite surface while in hot case the incidence of the radiation it

is aligned with the cube diagonal. Therefore, in the cold case, the lowest surface area

is considered, meaning the lowest absorbed heat. The hot case is when the heat �ux is

parallel to a diagonal of the cube. Thus, it is applied to an entire period, and the heat

�uxes are calculated for this con�guration by using equation (24) for the cold case and
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equation (25) for the hot case.

Smin,sc = 0.73 Sminεsc

Smin,PCB = SminεPCB

LWPCB,d = ϕdεPCBqLW,min

LWsc,d = ϕdεscqLW,min

SWPCB,d = ϕdεPCBqSW,min

SWsc,d = ϕdεscqSW,min

LWPCB,s = ϕsεPCBqLW,min

LWsc,s = ϕsεscqLW,min

SWPCB,s = ϕsεPCBqSW,min

SWsc,s = ϕsεscqSW,min

(24)

Smax,sc = cos(54.75)εsc0.73 Smax

Smax,PCB = cos(54.75)εPCBSmax

LWPCB,d1 = ϕd1εPCBqLW,max

LWsc,d1 = ϕd1εscqLW,max

SWPCB,d1 = ϕd1εPCBqSW,max

SWsc,d1 = ϕd1εscqSW,max

LWPCB,d2 = ϕd2εPCBqLW,max

LWsc,d2 = ϕd2εscqLW,max

SWPCB,d2 = ϕd2εPCBqSW,max

SWsc,d2 = ϕd2εscqSW,max

(25)

where:

• S is the heat �ux in W/m2 from the solar radiation, the max is for the hot case,

the min is for the cold case. The sc and PCB in the lower index are the references

for the solar cell and the PCB surfaces. The 0.73 multiplier comes from the solar

cell e�ciency which is 0.27 thus this portion of the solar radiation is transformed to

electricity and the rest 0.73 becomes heat energy.

• LW and SW heat �ux in W/m2 is the longwave and shortwave radiation from the

Earth radiation and the albedo �ux. The �rst lower indexes are the surface type

while the second is the view factor from �gure 5, summarized in table 6.

• q is the calculated thermal environment by �gures 15 and 16.

Of course, these variables are time-dependent, in fact, what we have done is that we

multiplied the functions showed in �gure 15 and 16. Therefore, equation (24) and (25)

are not showed. Furthermore, the radiation from the Sun is a constant value on the
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Normal to surface notation view factor

Angle between surface normal and zenith: 0◦ ϕd 0.9

Angle between surface normal and zenith: 90◦ ϕs 0.3

Angle between surface normal and zenith: 54.75◦ ϕd1 0.73

Angle between surface normal and zenith: 144.75◦ ϕd2 0.05

Table 6: View factor notation.

illuminated part of the orbit for 58 min. On the other 38 min, when the satellite is

in Earth shadow, it is 0. The time change has been arranged together that at the cold

case the start of the simulation is the time when the satellite is in the Earth shadow,

while the hot case starts when the satellite is at the starting poing of the illuminated

section. Figures 19 and 20 are shown to help the understanding the spatial position of

the boundary conditions.

Figure 19: Boundary conditions in the cold case. A, B, C, and D are the LW and SW

�uxes from the OLR and albedo radiation when the surface normal is aligned with the

zenith direction. E, F, G, and H are the LW and SW �uxes from the OLR and albedo

radiation when the surface normal is 90◦ from the zenith direction. The Sun radiation is

not shown as it is in the opposite side of the cube.

7.2.2 Internal heat load

The internal heat generation is from the electronic components mainly from the COM

chip and battery, enabled only in the hot case. The generated heat by the COM chip is

the following:
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(a) A, B, C, D, E, and F is the Solar radiation, LW and SW �uxes from the OLR and albedo

radiation when the direction of the is aligned with the cube diagonal.

(b) A, B, C, and D in the LW and SW �uxes from the OLR and albedo radiation on the opposite

side of the cube pointing to the Earth surface.

Figure 20: Boundary conditions in the hot case.
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• at broadcasting: 240 mW

• at reception: 120 mW

The broadcast and reception ratio is 1:1 thus, the avarage power is 180 mW . The volu-

metric heat generation by the batter is 14 mW .

7.2.3 Internal heat distribution

Inside the satellite, the heat between the PCBs is transferred by radiation and conduction

through the contact surfaces. The contact between the sides and the internal circuit

boards are considered perfect as they are very tightly �t togeather. Figure: 21 shows the

heat radiated between the internal components and the battery.

Figure 21: Radiation between the internal componenets.
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7.2.4 The battery is directly mounted on the PCB

The original idea was that the battery, can be mounted on the COM subsystem board

(the central panel in �gure 3). Here, the chip is located in one side and the battery is on

the other side of the PCB, shown in �gure 22. Where the COM chip highlighted by blue

and the battery by green color. Hence, the heat generated by the COM chip by broad-

casting and receiving is transferred to the battery which is heated via the direct contact.

Figure 22: The arrengement of the battery

and the COM chip.

The main problem with this; that the bat-

tery must be in contact with the entire

surface of the PCB. When the satellite is

not broadcasting, the battery can quickly

transfer its heat energy to the PCB which

is transfers that further via condiction and

radiation to the outer sides. Finally, the

heat is transferred to the outer surfaces

then to the space at 2.7 K temperature.

This fact becomes crucial in the deploy-

ment phase. Since the �rst 20-30 min-

utes are scheduled radio silence to allow the

satellites to gow the distance between each

other and it happens in the shadow section,

the battery temperature drops below 0 ◦C

in a fast way. The antenna opening system

consists of two redundant resistors to melt

the �shing line that holds the antenna closed. The procedure requires high electric power,

therefore, it is mandatory to ensure battery temperature of 0 ◦C or higher when the

satellite is commanded to do so.

Therefore, in this setup, a whole side of the battery is in a direct contact with the PCB.

The simulations were run on three di�erent emissivity insulation setups to investigate how

this a�ects the battery temperature. The three emissivity values are: ε = 1 (the battery

is not insulated), ε = 0.01 and ε = 0.02. The result of the cold cases is shown in �gure

23. It can be seen that in this case, there is almost no di�erence between the various

insulations. The temperature �uctuates between −50 ◦C to −35 ◦C it is inadequate for

the operation of the battery. Figure 24 shows the hot case for this arrangement. Only

the uninsulated simulation was investigated as hot case, because we were interested in the

outcome but after the cold case, it is foreseeable that this arrangement is not appropriate

for the satellite.
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Figure 23: The battery temperature at the cold case when it mounted directly to the

PCB.

Figure 24: The battery temperature at the hot case when it mounted directly to the PCB.
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7.2.5 Lifted battery by using spacers

To prevent the rapid cooling, the battery is lifted with; spacers in order to separate it from

the other components and minimize the contacting surfaces between the battery and the

PCB. As a consequence, a design-related problem arises to �nd the appropriate geometry

and material. In general, all applied materials must comply with the Eropean Cooperation

for Space Standardization (ECSS) standards, for material regulations: ECSS-Q-ST-70-

02C. The organization is established in 1993 and its purpose is to provide standards in or-

der to help the European space industry. Contractors working for ESA or European com-

panies must adhere to this standards. However the selection of the right material is only be

addressed in the next subchapter, here we examine how the spacer e�ects the battery tem-

perature with di�erent insulations.

Figure 25: The arrengement of the spacers.

The determination of the spacer geome-

try and dimensions are determined by the

available space with the need to minimize

the contacting surfaces while ensuring that

the battery is �xed inside the cap. The

cap is made out of a 0.35 mm thick cop-

per sheet and soldered to the PCB hold-

ing inside the battery. The available space

between the two PCBs is 10.4 mm while

the battery height is 7 mm. Thus we have

approximately 3.4 mm to use. This is a

bottleneck as that the battery is slightly

bigger, because there is a Kapton tape

around it to electrically insulate it from the

PCB and do not forget the copper cap with

thickness of 0.35mm. SConsequently, the available space is gross 3 mm. Based on this the

spacer thickness should be 1mm and placed on the battery corners, lifting it up by 1mm

from the PCB and the copper cap. The arrangement of the spacers is shown in �gure

25 the spacer are highlighted by green. The contact surface is 9mm2 with the PCB and

12mm2 with the battery. As for the material data to be used, general plastic elements

were considered as:

• λ = 0.3 W
mK

is the theramal conductivity,

• c = 1600 J
kgK

is thespeci�c heat,

• ρ = 1500 kg
m3 is the density.
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The results of the cold case is shown in �gure 26, as for the hot case, in �gure 27. It

can be seen that the non-insulated (when the emissivity equals to one) and the insulated

cases are now separated from each other. The temperature �uctuates between −42 ◦C

to −38 ◦C which di�erent from the previous one and still inadequate for the operation

of the battery. At the hot case, the �uctuation is between 28 ◦C to 36 ◦C when it is

insulated while without insulation, it is nearly the same shown in �gure 27. So there is

a reduction in the temperature amplitude, but the average temperature does not change

much in the cold case. However, in the hot case with insulated battery, the temperature is

high which is still within the temperature range of operability. Therefore, we recommend

the spacers to use. Furthermore, the conclusion from the di�erent emission cases above is

that reducing it to lower than than 0.01, does not result in any signi�cant changes. Based

on this, the battery insulation can be improved by only increasing the contact thermal

resistance.

Figure 26: The battery temperature in the cold case when it placed on spacers.

Figure 27: The battery temperature in the hot case when it placed on spacers.
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7.2.6 Spacer material

The main aspects of the spacer material selection is to choose the lowest possible thermal

conductivity material which meets the requirements of the ECSS. In general, the thermal

conductivity of the plastics is low, and they are relatively easily to mill. The requirements

related to polymer materials can be found in the Space product assurance of ECSS[25].

Two main criteria related to polymer materials is that the recovered mass loss (RML)

and the collected volatile condensable material (CVCM) may not exceed the speci�ed

limitations. The CVCM by de�nition: �quantity of outgassed matter from a test specimen

that condenses on a collector maintained at a speci�c temperature for a speci�c time� and

the RML: �total mass loss of the specimen itself without the absorbed water�. These are

expressed as a percentage of the lost mass. So the point is that from materials like

plastics, in the vacuum of space, the volatile gasses and absorbed water are subjected to

released which might damage the electrical components and impair the e�ectiveness of

the insulation. The permissible limits are:

• RML< 1%

• CVCM< 0.1%

After a brief survey, a company was found that deals with the manufacturing and ma-

chining os special plastics. As a result, the following materials met the above-detailed

criteria:

• Ketron 1000 PEEK: RML = 0.03%, CV CM = 0.003%

• Ketron HPV PEEK: RML = 0.02%, CV CM = 0.003%

• Techtron 1000 PPS: RML = 0.02%, CV CM = 0.003%

Material Tmax
◦C Tmin

◦C References

Ketron 1000 PEEK 250 −50 [36]

Ketron HPV PEEK 250 −20 [37]

Techtron 1000 PPS 220 −30 [38]

Table 7: Spacer material operation temperature ranges.

The operating temperature of the materials are shown in table 7. It is obvious that the

maximum temperature limits are not exceeded. However, the minimum level is violated

with the exception of the PEEK 1000. The material properties are shown in table 8.

From simulation point of view, the notable di�erences between the materials is their
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thermal conductivity. Although it is clear that the lowest thermal conductivity will be

the best, but the simulation provides a comprehensive survey of how that a�ects the

temperature of the battery. Thus, in a total of three di�erent simulations that run, only

the spacer material will vary while the emissivity of the battery is the same for all the

cases at ε = 0.02. The results of the cold case is shown in �gure 28, for the hot case, it is

Material Density kg
m3 Speci�c heat J

kgK
Thermal conductivity W

mK
References

Ketron 1000 PEEK 1310 ∼=1300 0.25 [36]

Ketron HPV PEEK 1450 ∼=1300 0.78 [37]

Techtron 1000 PPS 1350 ∼=1300 0.3 [38]

Table 8: Spacer material data

presented in �gure 29. The results compared to the previous one do not show signi�cant

di�erences. Based on results and operating temperatures the best spacer material was

PEEK 1000 out of the mentioned three candidates.

Figure 28: The battery temperature in the cold case by using various spacer materials.

7.2.7 Simulation summary

The isolation of the battery by spacers and thermal insulation actually reduce the am-

plitude of temperature �uctuations and the average value also increased by the thermal

insulation. In the hot case, the battery remains in the operation range, but in the cold

case, the batter temperature is out of the desired range. In the following, we take into

account a di�erent time averaging of the thermal environment which is closer to the real

environment.
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Figure 29: The battery temperature in the hot case by using various spacer materials.

37



8 Validation

The validation was performed in a thermal vacuum chamber. The chamber has been

heated up to 65 ◦C with the satellite in it. When the temperature was reached the

desired value, a 60 W bulb was switched on and o� in 5 minute intervals while an average

99 mW heat released from the COM chip by continuous broadcasting and receiving.

According to this, we have carried out a simulation, and the results are shown in �gure

30. Although it follows the measurement data reasonably well at the beginning which

Figure 30: Validation of the satellite modell.

may seem good but through thinking about how much components have been neglected

resulting in lesser heat capacity compared to the real satellite the calculated temperature

should be above of the measurement. The red star shows the time when the light bulb

was turned o�. However, battery temperature in the simulation is still growing further

which implies that the thermal conductivity of the PCBs is lower than in the simulated

cases. Nevertheless, the contact resistances also a�ect the results.

38



9 FEM analisys of the detailed model

In order to get closer to the reality with our model, the geometry ,boundary conditions

and material properties have to be modi�ed. For the geometry, the electronic equipments

are taken into account because of their heat capacity and the heat tranfer between the

sides and the internal components. Unfortunately, as it was not possible to measure

the thermal conductivity and heat capacity of either the PCB with the mounted circuit

components and the battery, the values were taken from the literature, resulting in a

more accurate setup than those used previously. The boundary conditions are calculated

with longer averaging time which yields a more realistic approximation of the thermal

environment in the SMOG-1 orbit.

9.1 Geometry

The copper cap holding the battery and all the spacers were added to detailed model.

9.1.1 Estimated properties of the electronic components

Figure 31 shows the mass measurement of the satellite without the battery. Besides that,

the PCB side panels were also measured separately. From the latter, the PCB density was

calculated resulting in roughly ρPCB = 2400 kg/m3. This can be used to determine the

total mass of the side, top, bottom and internal PCBs shown in table 31. Subtracting

Figure 31: The measurement of the satellite without the battery and with only one solar

cell mounted.

the calculated mass and the solar cell mass from the measured value yields the total mass

of the electronical components, as shown in, equation (26).

m = 128.36− 2.59− 86.28 = 39.49 g (26)
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Panel Quantity Volume mm3 Mass g Total mass g

Sides 4 3131 7.514 37.5

Internal 5 2808 6.74 33.7

Top 1 3599 12.9 12.9

Bottom 1 5410 8.63 8.63

Table 9: Mass of the PCBs.

So the electrical components are modeled as sheets and placed on the internal components

such a way that their heat capacity is equal to the silicon dioxide speci�c heat multiplied

by the calculated mass of the electronics. In other words: the heat capacity of the plates

is equal to the estimated heat capacity of the internal electrical components.

9.1.2 Heat transfer between the internal components

All the internal panels connected to each other by the power bus, while the side panels

are connected to the internal system by three wire. The question that arises is how this

a�ects the internal components. The sides are in contact with the internal components in

a relatively large surface compared to the three small wires. Therefore, the wires do not

signi�cantly a�ect the heat �ow thus it can be neglected from the simulation. However,

the internal panels are not in a direct contact with each other, the only link between

them is the bus connector. Figure 32 shows the SMOG-1 internal components and the

bus connector. In order to determine that it signi�cantly a�ects the heat transfer or not,

we created two separate simulations, shown in �gure 33. Figure 33a shows the case with

the bus connectors which allows thermal conduction. Beside that there is a radiation

boundary condition. The second simulation is shown in 33b which consists of only a

radiative thermal contact. The input boundary conditions are the same but their value

is not important. What matters is that one of the two sheets has a heat �ux while the

other radiate to the ambient. Since the boundary conditions are the same in both cases,

comparing the temperature of the two simulations show the e�ect of the bus connector.

Figure 34 shows the free side temperature, and it can be seen that the di�erence is

signi�cant. For this reason, we add thess pins to the detailed simulation.
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(a) The power bus conecting the internal PCBs.

(b) The power bus conecting the internal PCBs.

(c) g to the surface.

Figure 32: The electrical connecting between the internal PCBs and the side panels.

(a) Test geometry with the bus connec-

tor pins.

(b) Test geometry without the bus

connector pins.

Figure 33: Test geometry of the power bus heat conduction between the internal panels.
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Figure 34: The temperature of the sheets, where case 1 is the sheets with the bus con-

nector, case 2 is the sheets without the bus connector.

9.1.3 Battery positioning

Figure 35 shows the geometry of the spacers and the battery inside the copper cap.

Compared to the previous simulation, we have changed the geomerty of the spacers.

geom.PNG

Figure 35: Deatailed geometry model of the satellite.
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9.2 Material data

The material data is summarized in table 10. This time the thermal conductivity of the

PCB is anisotropic because in the direction of the plate normal its conductivity is lower

than in the other two directions because of the composite material structure. The thermal

properties of the battery are taken from a paper while the density is measured in the same

was as the PCB was. The properties of the copper are used for the pin and the cap while

the silicon dioxide is for the electrical components.

Material Density kg

m3 Speci�c heat J
kgK

Thermal conductivity W
mK

References

Copper 8790 386 401 [27] [28] [29]

FR-4 PCB 2400 1200 normal to plane: 0.35 ,in plane: 0.81 [31] [30]

Silicon dioxide 2170 680 1.3 [26]

Lithium ion battery 2057 1250 3 [32]

Table 10: Material data.

9.3 Boundary conditions

Now we want to examine the di�erence in temperature resulting from the satellite angular

velocity around of its own axis. This is done by instead of using a cold and hot case heat

�ux we use only one for two simulations where the di�erence is only the a�ected surface

area. The chosen values are from table 2, it is the combined extreme type with 24 hour

averaging time. This value is much closer to the expected conditions. So the same heat

�ux a�ects the minimum case where the radiation incidence is normal to the surface, the

maximum case is when the radiation incidence is aligned with the cube diagonal. The

internal heat load is the same it was in the previous simulations.

9.4 Results and summary

Figure 36 shows the results of the simulation. Although, after simulating three orbital

periods, the temperature is still not show a quasi-steady behavior but it tends to that.

Thus, it is expected that in the case of a general 3D motion, the battery temperature is

somewhere between the two functions. Despite our e�orts, the temperature of the battery

still can fall below sub zero temperatures. However, the heat �ow between the battery

and the spacers are still assumed to be perfect. Nevertheless, the thermal resistance is

higher since the battery is surrounded with a heat insulation �lm. This setup will be

calculated in a later time and exceeds the limitation of the present paper.
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Figure 36: The detailed model battery temperature.
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10 Progress and future directions

It can be seen that we made signi�cant progress during the last one year. However, only

a portion is included in the present paper due to the lack of time. Since the orbit of

the SMOG-1 has been determined, the thermal environment could be determined. The

spacers ordered and the heat insulation has arrived from Dunmore corporation. So, slowly,

we can assembly the battery according to the results.

However, we have to face it that based on the calculation, the battery temperature

can exceed the minimum value. In addition, there are problems with the validation of the

FEM model because our university does not have appropriate vacuum chamber to test

the satellite insulation. This applies even to the insulation �lms as their heat resistance

can only be measured in thermal vacuum conductivity meter, but we do not have this

kind of instrument.

Of course, it is a viable option to freeze the satellite then put into a simple vacuum

chamber at room temperature and measure the time until it heats up. Now, based on the

results of the present work, I neglect the further simulations and put more emphasis on

the validation and thermal testing of the satellite.
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